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Numerical Simulation of Wing-Fuselage Aerodynamic Interaction

J. S. Shang*
Air Force Wright Aeronautical Laboratories, Wright-Patterson Air Force Base, Ohio

Numerical solutions of the mass-averaged Navier-Stokes equations were accomplished for a wing-body
configuration at a nominal Mach number of 6 and a Reynolds number of 15 x 106. The computations were
performed on a CRAY-1 computer utilizing a grid consisting of 56,730 points. The wing-fuselage configuration
is comprised of a tangent-ogive forebody and highly swept wedge delta wing. The present results, using a branch-
cut mesh system, were verified by comparing with experimental measurements. An improvement in numerical
resolution over the previous solution, utilizing a wraparound grid distribution, is clearly demonstrated. The
flowfield structure is delineated by identifying the shock wave system and the cross-flow velocity field.

Nomenclature
c = speed of sound
def = deformation operator
D = Van Driest's damping factor
e = specific internal energy
F,G,H = vector fluxes
J = Jacobian of coordinate transformation
L = length scale of eddy-viscosity model
M = Mach number
n — outward normal
p = static pressure
Pr = Prandtl number, 0.72
Prt = turbulent Prandtl number, 0.9
r = radius of ogive forebody, 0.598 cm
Re = Reynolds number based on running length
T = temperature
U = dependent variables, U(p,pu,pv,pw,pe)
u, v, w = velocity components in Cartesian frame
x,yfz — coordinates in Cartesian frame
a. = angle of attack
dy = Kronecker delta
e = eddy-viscosity coefficient
£, rj> f = transformed coordinate
/x = molecular viscosity coefficient
p = density
T = stress tensor
oj = vorticity vector

Subscripts
b — surface condition
0 = stagnation condition
oo = freestream condition

Introduction

AERODYNAMIC interference around the juncture of the
wing and fuselage is a direct consequence of three-

dimensional inviscid and viscous interaction.1"3 Until the early
1970s, numerical analyses for wing-body interference were
exclusively restricted to small-disturbance schemes or panel
methods.1'2 In this mode of investigation, numerical analysis
was used as an extension of analytic research. The uniqueness
of the solution was ensured by imposing certain constraints
such as the Kutta condition.1 The achievement was very
significant, 'however, directly usable results contained am-
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biguities. As computational aerodynamics made substantial
progress, solutions of the quasilinear potential equation4 and
Euler equations became achievable.5'7 The most recent efforts
using the Euler equations which admit vorticity probably
reflect the current state-of-the-art in solution development.
However, the inviscid-viscous interaction around the wing-
fuselage configuration remains unresolved.

In the past few years, numerical simulations of the wing-
body combination by means of the parabolized and mass-
averaged Navier-Stokes equations were attempted. In par-
ticular, Venkatapathy et al.8 used a parabolized Navier-
Stokes code to calculate the supersonic, viscous laminar flow
around the Space Shuttle Orbiter forebody. Their solution
contained the complex flow structure that developed near the
wing-body region, and a multivortex pattern was observed.
On the other hand, the present author also attempted to
simulate numerically the flowfield around a hypersonic
cruiser by means of the mass-averaged Navier-Stokes
equations. Both investigations indicated that the local grid
system played a very important role in resolving the flowfield
around the wing-body juncture in that the geometric
singularities were present. The appropriate selection of the
coordinate system became critical. The main thrust of the
current effort is to explore an alternative grid system.

The investigated wing-fuselage configuration is comprised
of a tangent-ogive forebody and a sharp leading-edge delta
wing with a sweepback angle of 70 deg (Fig. 1). The upper
surface of the wing is mounted on the centerline of the
fuselage, while the lower surface creates a 3-deg angle of
attack with respect to the fuselage axis. Thus, the cross section
of the wing-body retains only one axis of symmetry in the
meridian place. The geometric singularities are consequences
of joining piecewise continuous body surfaces at the wing-
fuselage junction and the vanishing radius of curvature at the
sharp leading edges of the wing tips. Locally, the
homeomorphism cannot be maintained in the coordinate
transformation to facilitate the computation. In the early
effort, a wraparound coordinate system was adopted with
some numerical rounding of the sharp edges. Basically, it was
an H-O type grid which thus offered the most efficiency in
terms of computational effort for a given resolution.9

However, the H-O type grid around the wing tip caused
serious numerical difficulties.10 In the present analysis, a
branch cut was incorporated for the body-oriented coordinate
system. The mesh system can be identified as the H-H type
(Fig. 2). The branch cut is performed along the upper and
lower wing surfaces. The sharp wing tip is then contained
within cells confined by nodes on the wing tip and the nodes
immediately outboard to the leading edge. The singular points
at the wing-fuselage juncture are defined precisely by the
intersection of parametric lines (r j , f) . In particular, the
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coordinate system chosen essentially eliminates all of the
geometric singularities of the wing-body configuration for the
present numerical simulation.

Computations were performed for flowfields around a
hypersonic cruise vehicle at a Mach number of 6.2 and a
Reynolds number of 15 x 106. One of the computations was
conducted for the flow without incidence; the other was
perfomed for the oncoming stream with a 10-deg angle of
attack. The present numerical effort investigates the intricate
viscous-inviscid interaction around the wing-body con-
figuration. In particular, the strong interactions present
around the sharp apex of the fuselage and at the leading edge
of the wing, and the possible flow separation region at the
forward wing root area. At the simulated hypersonic Mach
number, the computational domain is highly compact. For
this case, a composite solution utilizing various ap-
proximations may not be the most cost-effective means of
analysis. Thus, only the mass-averaged Navier-Stokes
equations were used in the present analysis to predict the flow
around a three-dimensional aircraft configuration and to
assess the feasibility of full-scale numerical simulations.
Special attention is focused on the treatment of the
geometrical singularities frequently encountered in aircraft
configurations. Thus, a criterion is established for the choice
of coordinates for future full-scale aircraft numerical
simulations. Numerical results are first verified by com-
parison with both static and impact pressure measurements
under identical freestream conditions.6 Then the flowfield
structure is delineated by presenting the density contours, the
cross-flow velocity distribution, and the streamwise vorticity
formation.

Analysis
Governing Equations

The time-dependent, three-dimensional Navier-Stokes
equations in mass-averaged variables and in the transformed
space (£,T?, f) can be given as10

dp
a|

dG
a?
dH
~ay

dF "
ar

dG

dF
Ih,
dG

= 0 (1)

where the dependent variables are U(p,pu,pv,pwype). The
system is in the so-called chain rule conservation law
form.11'12 The Navier-Stokes equations in this particular form
are more computationally efficient in comparison to both the
strong and weak conservative forms.12 The flux vectors F, G,
and H are simply the Cartesian components of the continuity,
momentum, and energy equations.

F= pU2-Txx, pUV-Txy,

de

G= \pV, pUV~Tyxt pV2-Tyy, pVW-Tyz

/ JLI e \ de
pev — 71 — + —— ) — — (urvx + VTVV'VPr Prt/dy yx yy

H= \pw,

>]'
-r^, pvw-rzyt pw2-

de

where the component of shear stress is defined by

(2a)

(2b)

(2c)

(3)

The closure of the system of equations is achieved by in-
troducing the Baldwin-Lomax turbulence model13 with a
minor modification and by assigning a turbulent Prandtl
number of 0.9. Specifically the Baldwin-Lomax turbulence
model is found to be Mach number dependent.14 A constant
in the outer layer is altered from a value of 1.5 to 2.0. The new
constant (0.0336), twice the magnitude of Clauser's constant
(0.0168), has been selected based on several benchmark
calculations of turbulent flows over a flat plate at supersonic
Mach numbers. For the skin friction coefficient prediction,
the new constant used in the eddy-viscosity model results in a
better agreement with experimental data. The two-layer eddy-
viscosity model is given by

Inner region:
e = p(0.4LD)2 U

where co is the vorticity of the flowfield

(4a)

(4b)

U='/2{

Fig. 1 Wing-fuselage configuration. Fig. 2 Grid point distribution of the wing-fuselage configuration.
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In the present formulation, the Van Driest damping factor D
is given as

(4c)

on solid contour

In order to represent the appropriate turbulent shear layer
structure (the laminar sublayer, the law of the wall, and the
law of the wake regions), the description of the scaling length
L is critical for the eddy-viscosity model. For the present
analysis, an asymptotic length scale formula developed for an
earlier investigation of a three-dimensional corner con-
figuration is adopted for the wing-fuselage juncture region11:

L=2yz/[y + z+ (4d)

where y and z are the most natural Cartesian coordinates for
describing the wing-fuselage juncture. Around the wing tip,
the length scale is described by the radius of a cylindrical polar
coordinate with the origin of the coordinate at the wing tip.
This selection of scaling length permits a blending of the
length scale from one region smoothly into the other.

Outer region:
The outer layer is basically the law of the wake including

the intermittency correction by Klebanoff.13

e = 0.0336pF^e/[l+5.5(0.3L/Lmax)6] (4e)

The wake function Fwakc is given by the minimum value of the
two following expressions at any point of interest in space.

p — I p1 wake ~~ ^max-1

Fwake = 0.25L * max ' * max

(4f)

(4g)

In this case, Lmax is the value of the length scale where
F=LD\u\ reaches its maximum value within the turbulent
shear layer. In the present formulation, the function F is
dominated by the distribution of vorticity over the solid body
contour. Thus, the continuous transition in the function F
from the wing-fuselage junctions and the wing tip is ensured
in the flowfield structure. The system of equations is formally
closed with Sutherland's equation for molecular viscosity and
the equation of state for a perfect gas.

The associated boundary conditions for the present in-
vestigation are straightforward. The initial condition is
assigned the freestream value for the entire computational
domain excluding only the surface nodes. On the solid body
contour, the no-slip condition for velocity components, and
the isothermal and orthoisobaric conditions are imposed for
temperature and density, respectively. Since the attached bow
shock wave isolates the interacting flow domain, the upstream
and far-field conditions require that the flow remains un-
perturbed. For the oncoming stream with an angle of attack,
the x and y components of velocity assign the values of
u^cosa and w^sina, respectively, while the z component of
velocity vanishes. The present analysis takes advantage of the
property of symmetry with respect to the.y axis (Fig. 2). Only
a half cross-flow plane is evaluated at the plane of symmetry.
A reflection condition is applied which insists that the z
component of velocity be equal to zero. The usual no-change
condition is imposed at the far downstream boundary. For the
supersonic problem this boundary condition is known to be
well posed and stable. In essence, we have:

Initial condition

(5a)

(5b)

Upstream (£ = 0) and far-field condition (77 = 1)

u, v, w = 0

where

n=V (xb,yb,zb)IIIV (xbtyb9zb)

Symmetry condition (f = 0, f = 1)

— =

Downstream condition (£ = 1)

(5c)

(5d)

(5e)

(5f)

(5g)

Coordinate System and Grid Generation
The numerical generation of the body-oriented coordinate

imposes serious difficulties for a wing-body configuration.
The piecewise continuous segments of the body contour pose
fundamental problems at the wing-fuselage juncture and wing
tip. The geometric singularities will generate a vanishing
Jacobian in the coordinate transformation. The one-to-one
coordinate transformation cannot be maintained. As a
common practice in numerical simulations,5"8'10 small but
finite fillets are incorporated to allow the transition from
body to wing without significantly disturbing the flow.
However, one cannot make the same statement for the sharp
leading-edge wing tip. For inviscid analyses, this geometry-
induced singularity can be resolved only through an asymp-
totic analysis5 or by imposing the Kutta condition.1

Therefore, the leading-edge singularity is excluded from the
calculation. However, for the Navier-Stokes solution, the
wing tip must be included in the computation and treated as a
boundary point.

For the present investigation, in spite of the highly swept
wing, the leading edge is still supersonic. Thus, numerically
rounding the wing tip will alter the shock structure from an
attached shock wave to a bow shock wave.10 Meanwhile, the
rapid metric variations around the wing tip cannot be
eliminated completely. A better choice of coordinate systems
becomes necessary. A new coordinate system with a branch
cut along the wing surface may alleviate the difficulty. Steger
and Bailey15 used the C-type grid to investigate the transonic
aileron buzz problem. Recently, Newsome16 also successfully
adopted a branch cut to accommodate the sharp cowl lip in his
work on steady and oscillatory inlet flows. Particularly, in
view of the fact that the leading edge of the wing in the limit
sharpens to a cusp, the coordinate system with a branch cut
can describe this unique characteristic easily. In essence,
branch cuts are performed along the upper and lower wing
surfaces and the cuts are extended to the outer boundary of
the mesh system (Fig. 2). The branch cuts are defined by the
constant values of the transformed coordinate f. The spacing
between the cuts also represents the finest in the present
calculations (DYmin =0.00012 cm). The wing tip then is
defined by the surface nodes and the immediately adjacent
nodes upstream of the leading edge. Basically, the branch cuts
remove all of the geometric singularities at the wing tip and
wing-fuselage junctures. However, the solid contour of the
wing-body configuration no longer lies on a single family of
the transformed coordinate rj. Additional logic control must
be implemented in the vectorized code10 to enforce the surface
boundary conditions. It is obvious that the demanding
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numerical resolution for a complex three-dimensional con-
figuration will require the grid generation and the solving
scheme to be tightly integrated in the future.

The necessary but tedious preparation of the mesh-point
distribution for the rather complex wing-fuselage con-
figuration is provided by a body-oriented homotopy
scheme.17'18 The coordinate system is constructed'by a series
of consecutive axial cross sections in the £ direction unevenly
spaced to achieve optimal numerical resolution. The leading
plane is located upstream of the apex of the ogive forebody to
facilitate the description of the unperturbed freestream. In
each cross-sectional plane, a two-dimensional grid system is
established between two control surfaces. The inner surface
(Yj,Zj) depicts the body contour. The outer surface (Y0,Z0) is
chosen to represent the enveloping shock wave. For the on-
coming flow without incidence, the outer surface is a circle.
Similarly, for the case of 10-deg angle of attack, the outer
surface is described by an ellipse with an eccentricity of 1.10.
The clustering of grid points adjacent to the solid body
contour to account for the shear layer is attained by a self-
adjusting stretching function. The field points are generated
by the interpolation functions:

(6a)

(6b)

The numerically controlled mesh clustering is exercised only
in the r? coordinate which is nearly parallel to the body surface
outward normal. The peripheral mesh spacing in f is explicitly
described in the control surface coordinates (Yi9Zj and
Y0,Z0). Since the rather complex three-dimensional body
consists of two distinct geometric formations, the inverted
wedge wing and the ogive forebody, the orthogonality of
coordinates is not enforced. However, along the branch cut
the coordinate is merely a mild deviation from the Cartesian
frame. The single homotopy scheme is extremely efficient.
Grid systems of 31 x 30x61 points have been generated and
evaluated on a CRAY-1 computer in less than 2 s. Once the
coordinates X9Y9Z are generated, the derivatives of coor-
dinate transformation can be evaluated through the Jacobian
and its inverse.

Solving Scheme and Numerical Procedure
MacCormack's19 explicit and unsplit algorithm is utilized

in the present study to reduce the number of accessions of
main memory, thereby developing an efficient data flow of
the coding for a vector processor (CRAY-1). For a three-
dimensional factored scheme, a field point requires five
accessions of main memory in order to advance one time step
in either the predictor or corrector sweep.

However, the unsplit algorithm requires only one accession of
main memory to acquire the same end result:

un+l = \ (At) +L, +L r (A/) ] U" (7b)

In the CRAY-1 computer, which operates on a single memory
path, saving on memory loading is substantial. The present
effort also indicates that the achievable data processing rate is
4 .9x lO~ 5 (seconds/grid points/time step) at a maximum
vector length of 61. In comparison with an earlier effort,20 the
current development achieves a 20% improvement in the data
processing rate. Vector processors such as the CRAY-1 and
CYBER 203 make the reliable but conditionally stable
MacCormack explicit method attractive.

In order to increase the capacity of data point processing in
the vectorized code, the nine components of the coordinate
transformation derivatives are computed at each node as
needed without allocating storage space. Therefore, only the
five dependent variables U(p,pu,pv,pw,pe), three independent
variables (x,y,z), and the eddy-viscosity coefficient (e) are
stored. The predictor-level variables are stored only for four
consecutive stream wise pages in cyclic fashion. The tem-
porarily stored information is replaced when numerical
sweeps pass from page to page. This memory-saving
procedure degrades the data processing rate. The startup
times of vector registers and data movements have con-
tributed up to 48% of the total computing time. This becomes
apparent when the vectorized code is operating in the
axisymmetric mode where all the temporary variables are
computed for repeated usage. The data processing rate is
reduced to 1.95x10 ~5 (seconds/grid/time step).21 However,
total of 56,730 points is accommodated by the CRAY-1
computer with 106 word memory. The new vectorized code10

was initially developed on a CDC 175 computer, than trans-
ported and processed on a CRAY-1 computer. The ratio of
data processing rates of the same code between the scalar and
vector computer is 48: 1 .

In order to achieve maximum efficiency, the CFL condition
on allowable time increment for generalized coordinates has
been derived from a previous stability analysis. 10

where the contravariant velocity components are defined as

(7d)

(7e)

(70

Since the stability analysis does not contain viscous terms, the
highest and most consistent CFL number used is 0.85.

For the case of 10-deg angle of attack, the static pressure
jumps fivefold across the shock wave system. Numerical

O DATA OF RHF.6 — PRESENT RESULT

Z/R=0 Z/R=1.0

OJO 30 10.0 0.0 3.0 LO.O

P/PT10E4
00 30 10.0

Fig. 3 Comparison of the static pressure distributions; a = 0,
jc/r=13.15.
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damping is required to suppress numerical oscillations, thus
MacCormack's fourth-order pressure damping terms are used
with modification.10'19 In essence, artificial viscosity-like
terms are implemented in each sweep direction of the form

d!;2 (7g)

(7h).}LP

P
The result is identical to MacCormack's original expression if
the Cartesian coordinate system were used. In the present
analysis, the damping constant is limited to the range of
values from two to three. These damping terms are only of
significant magnitude in regions of pressure oscillation where
the truncation error is already degrading the computations.
The guiding line for the use of the damping term is simple: use
sparingly and use only the bare minimum value to ensure the
numerical evolution.

The solution is considered to be converged when the wing
surface pressure variation is less than 2% over one-half of an
elapsed characteristic time (U^ /L). A total of 1.4 h of CRAY-
1 computer time was required to meet the aforementioned
criterion for a = 0. At the 10-deg angle of attack, the viscous
effects became dominant as the inviscid-viscous interaction
intensified. A significant reduction in allowable time step
forces additional iterations to be performed to meet the
convergence criterion. However, for the 10-deg angle-of-
attack case, the initial condition is the converged case for
a = 0. In this manner the 10-deg case required only 40% more
total computing time to reach the steady asymptotic state.

Discussion of Results
The present results are given in three groups. In the first

group of results, the numerical solution of flow without
incidence is presented and compared with experimental data
under identical flow conditions. The second group of results
contains the validation and comparison with experimental
data for 10-deg angle of attack. The rest of the discussion
concentrates on the delineation of the detailed flow structure
around the wing-fuselage configuration at 10-deg angle of
attack.

The comparison of static pressure distributions around the
wing-body combination at a distance of */r=13.15 down-
stream of the apex of the ogive forebody is given in Fig. 3.
The six sets of experimental data6 were collected by surveying
data along the y coordinate at various z coordinate locations.
The values of z/r=0, 1.0, and 2.08 indicate locations of the
meridian plane of the fuselage, the wing-fuselage juncture,
and the wing tip of the wing-body combination, respectively.
The configuration is not symmetric about the y axis due to the
inverted wedge wing. The upper wing surface 0>^0) is parallel
to the freestream; the lower wing surface (y<0) has a 3-deg
incidence with respect to the oncoming stream. In spite of the
70-deg sweepback angle, the leading edge of the wing is
supersonic, except perhaps a small portion of wing embedded
in the viscous domain. Very good agreement between the data
and the numerical results is observed. The maximum
deviation between data and numerical results occurred in the
definition of the bow shock wave region. Since this shock-
capturing technique requires at least three points, to define a
finite pressure jump, the numerical smearing in the coarse
mesh domain thus is unavoidable. Nevertheless, all essential
features including the pressure jump across the bow shock
wave are faithfully duplicated. Excluding the bow shock wave
envelope due to numerical smearing, the maximum difference

between data and calculations is confined within a few per-
cent.

In Fig. 4, comparisons of pitot pressure distributions with
data at locations identical to those of the static pressure
profiles are presented. The pitot pressure is normalized with
the freestream stagnation pressure proo(4.1368x 103 kPa).
Thus the normalized pitot pressure attains a value of 0.027 in
the freestream. The overall comparison of the data6 with the
present result is reasonable. The maximum discrepancy
between data and present results is around 14% (mostly in the
region bounded by the upper wing surface and fuselage). The
experimental measurements revealed a much stronger ex-
pansion inboard of the wing tip than computations including
the inviscid results6 for the same configuration. However,
both the data and numerical results indicate a larger stagnated
region in the upper wing-fuselage juncture (y/r>0, z/r=\)
than the lower juncture O/r<0, z/r= 1). A rapid expansion
jet-like zone at the lower wing tip is also indicated.

The comparison of static pressure profiles at the 10-deg
angle of attack is given in Fig. 5. The static pressure data were
collected at a distance of xlr- 13.15 downstream of the apex
of the forebody. A set of pressure data was recorded in the
meridian plane of fuselage (x/r=0). A pressure survey was
conducted around the half-span of the leeward wing

0 DATA OF REF.6 - — PRESENT RESULT

Z/R=0 Z/R=LO Z/R=2.08

00000029 0030 OOOO 0.023 O030 OjOOO 0.023 0.03O

PT/PTO
Fig. 4 Comparison of the pitot pressure distributions; a = 0,
x/r= 13.15.

O DATA OF REF.6 — PRESENT RESULT

1 Z/R=0.0

0.0 10.0 20.0 30.0 o.O 100 23JO

P/PT-10E4
30.0

Fig. 5 Comparison of the static pressure distributions; a =10,
jc/r=13.15.
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C DATA OF REF.6 — PRESENT RESULT

Z/R=0

Z/R=L25

Z/R=1.0

O-coo 0.025 0.050 o.ooo o.ozs 0.050
PT/PTO

Fig. 6 Comparison of the pitot pressure distributions; a =10,
x/r= 13.15.

00 33.0 6O.O 90.0 120.0 130.0 18O.O

ALPH=10.0
X/R-8.13
X/R=13.15

0.0 30.0 6OJO 90.0 120.0 13C.O 1800
PERIPHERAL ANGLE

Fig. 8 Peripheral pressure distributions over the wing-body surface.
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© I Nr ViSC ID ASYM.
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Fig. 7 Pressure distributions over the wing span.

(x/r= 1.25). In the windward domain, the only data collected
were along the wing-fuselage juncture. Excellent agreement
between data and calculation is obtained in the meridian of
the fuselage. However, in the interacting zone a serious
discrepancy between data and present results is revealed.
According to the test record,6 the static pressure probe was
misaligned with the flow at high angle of attack. Thus it may
be the cause of this observed difference. Again one must
appreciate the extreme difficulty in acquiring accurate static
pressure measurements in the strong viscous-inviscid in-
teraction region. Nevertheless, the present result follows the
general trend of the experimental measurement in the wind-
ward wing-fuselage juncture as it should.

In Fig. 6, the comparison of total pressure profiles at the
exact survey stations to that of the static pressure distributions
is presented. The pitot pressure probe is known to be
relatively insensitive to the probe alignment with the flow.
Excellent agreement between data and present results is
clearly evident. Except perhaps in the shock envelope region,
the deviation between data and present results is about the
range of the data scattering. In short, the specific com-
parisons of static pressure distributions and pitot pressure
profiles indicate that the present results duplicate nearly all
the experimental measurements.

The static pressure distributions over the entire span of the
wing surface at the 0- and 10-deg angles of attack are
presented in Fig. 7. Numerical predictions at the wing tip and
the meridian plane of fuselage agree very well with the in-

-1.0

-2.0

-ao-

-4.0
IX) 2.0 3.0 4X)

Z/R
Fig. 9 Computed cross-flow velocity field of the wing-fuselage
configuration; a = 0,*/r=13.15.

viscid asymptotes. For the flow without incidence, the upper
surface pressure maintains the freestream value until about
0.8 of the wing span and then increases its value toward the
wing tip. This pressure rise is due mainly to the classic
pressure interaction induced by the displacement of the shear
layer over the wing surface near the leading edge. The in-
fluence of pressure crossfeeding over the wing leading edge
through the thin shear layer between the leeward (upper) and
windward (lower) surfaces is rather limited. It is evident that
the pressure jump across the wing tip is always maintained for
both cases investigated. For the lower wing surface a con-
tinuous compression toward the wing tip originates at about
0.7 of the wing span. In the lower wing-tip region, the surface
pressure attains the value equal to the oblique shock of 3-deg
flow deflection. At 10-deg angle of attack, the pressure
distributions over the wing exhibit a similar behavior. The
only difference is that at the higher angle of attack, the
windward surface pressure distribution reveals three plateaus.
The lowest pressure plateau is in the wing-body juncture, then
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-ao
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-4JO
OX) IJO Z.O

Z/R
4JO

Fig. 10 Density contour over the wing-fuselage configuration; a = 0,
jc/r=13.15.
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'•',»', '. f 'r't't'flii I I\ \ ' . ' ' , ' f ' f f ' f f r ' r ' 1 ' \ '
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3.0

Fig. 12 Computed cross-flow velocity field of the wing-fuselage;
a= 10, x/r= 13.15.

-1.0

-2.0

Fig. 11 Computed cross-flow velocity field of the cylindrical
forebody; «= 10, */r = 8.13.

compresses rapidly to the midspan to reach the second
pressure plateau and a final compression toward the wing tip.
In the windward leading-edge domain, the surface pressure
corresponds to the oblique shock value of 13-deg flow
deflection. The expansion from wing tip to wing root over the
windward domain substantially reduces the lift generated by
the wing.

In Fig. 8, the circumferential surface pressures of the wing-
body combination are presented. In addition, the cir-
cumferential surface pressure over the cylindrical forebody is
also depicted here for reference purposes. This particular
cross-flow plane is in the intermediate streamwise location
between the ogive forebody and the plane where the wing is
first merged with the fuselage. The circumferential pressure is

similar to the pressure distribution over a circular cone at
angle of attack.22 For all of the cases considered, the
aerodynamic interference in terms of pressure is unfavorable;
the leeward pressure is higher and the windward pressure is
lower than the forebody alone. Favorable interference is
noted in both the leeward and windward wing-body junctures.
However, the total contribution to the lift is small. Therefore,
the present result at a Mach number of six shows an un-
favorable aerodynamic interference for the delta-wedge wing
and ogive cylindrical fuselage. The conclusion is consistent
with the experimental observations that the compressibility
effect and angle of attack reduce the wing-body interference
factor from favorable to adverse.5'23

The flowfield of the wing-body at a. = 0 is described by a
typical cross section contained wing-body combination. In
Fig. 9, the cross-flow velocity field in the Cartesian frame is
depicted. The bow shock wave is clearly revealed by the
vanishing cross-flow velocity components outside the shock.
An orderly displacement effect due to the wing is manifested
and propagated over the interior domain. The leading-edge
shock is attached, therefore the upwash around the wing tip is
not discernible. The accompanying density contour is
presented in Fig. 10. At this streamwise location, the bow
shock is located 3.70 radii away from the axis of the fuselage.
In spite of the presence of wing and the associated viscous-
inviscid interaction, the enveloping bow shock seems to be
free of serious distortion. The elusive leading-edge shock
wave (which the earlier effort10 utilizing a wraparound grid
system cannot ascertain) stands out. In essence, the leading-
edge shock and its attenuation toward the fuselage dominates
the flowfield. The development of boundary layers on wing
and fuselage surfaces is also obvious.

In order to describe the kinematic structure of the flow over
the wing-fuselage at 10-deg angle of attack, the cross-flow
pattern depicting w and v velocity components is given in
Figs. 11 and 12. In Fig. 11, the vortical singularity liftoff and
the flow separation over the leeward side of the forebody are
clearly demonstrated. The line of flow separation is at a
peripheral location of </>=150 deg, which is in perfect
agreement with experimental observation.6 In Fig. 12, the
cross-flow velocity distribution over the wing-body com-
bination is given. The flow separation in the windward
junction of the wing and fuselage is clearly indicated. Along
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the windward wing and outboard of the reattachment, a jet-
like stream is observed. The presence of a leading-edge shock
wave is also made evident by the abrupt change in orientation
of the cross-flow velocity. Since the leading edge is super-
sonic, the shock wave is attached to the leading edge. No
significant upwash around the wing tip is detected. Over the

-1.0

-2JQ

Fig. 13 Density contour over the wing-fuselage in the near field;
<x=10,jc/r=13.15.

leeward wing-fuselage juncture, the recirculated separated
flow is easily detectable. The stream liftoff over the leeward
wing surface is also obvious. This phenomenon is faithfully
depicted around 0.8 of the wing span. From the cross-flow
velocity component, it is easily deduced that a multiple vortex
structure exists in the cross-flow plane with strong con-
centrations at both the windward and leeward wing-body
junctures, the leeward midspan of the wing, and over the
leeward fuselage. All of these observations, in general, agree
with experimental results. Unfortunately, no quantitative
experimental record was available from the test,6 Therefore, a
specific comparison is not possible.

An enlarged and isolated density contour at the streamwise
location of x/r= 13.15 is presented in Fig. 13. In the wind-
ward region of the wing-fuselage configuration the out-
standing feature is the leading-edge shock wave system and its
attenuation toward the wing root. The shock wave structure is
strongly influenced by the rapid circumferential expansion
from the windward meridian to the wing-body juncture. In
the present case, the pressure (p/p^ =5.23) generated by the
leading-edge shock is far greater than the pressure value
(p/p00=2.5) in the wing-body juncture. Nevertheless, in the
embedded juncture, the flow structure resembles that of an
unsymmetric three-dimensional corner.24 In the leeward
domain, the flowfield is dominated by the rapid peripheral
expansion. The flow structure in the wing-fuselage juncture is
also overwhelmed by the expansion process.

In the final figure, density contours ranging from the ogive
forebody to the wing-body combination are selectively
presented in Fig. 14. Two features stand out in this figure,
namely, the growth of the enveloping bow shock wave and the
distortion of the bow shock due to the wing. The density
contours upstream of wing bear the strong resemblance to
that of conical flow at an angle of attack.2 The windward bow

X/R=1.82

Fig. 14 Density contours over the entire wing-fuselage configuration; a = 10, M= 6.2, Re = 1.46£7.
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shock dominates, then the flow expands rapidly leeward into
the aerodynamic shadow. As soon as the wind merges from
the fuselage the leading-edge shock appears in the windward
domain and overwhelms all other features of the flow.

Concluding Remarks
The numerical solutions of Navier-Stokes equations were

accomplished for flowfields around a wing-fuselage con-
figuration at a Mach number of 6.2 and a Reynolds number
of 15 x 106. The numerical simulations were successful for the
flow without incidence and at 10-deg angle of attack. The
aerodynamic interference of the ogive cylindrical fuselage and
the inverted wedge delta wing was found to be unfavorable.

The selection of a coordinate system for a configuration
containing geometric signularities is shown to be critical.
From the topological point of view, the adoption of a branch-
cut or wraparound system (C- or O-type grid) is immaterial.
However, the metric variation around the geometrically
induced singularities will determine the success or failure of
the numerical simulation. Therefore, the grid generation and
the solving procedure cannot be treated as separate issues.
This finding is paramount in our pursuit to simulate the full-
scale aircraft by means of segmented or patched com-
putational domains in the near future.
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